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ABS"rRACT

The theoretical and empirical methods used in the aerodynamic
design of the 50-Inch Mach 8 Tunnel (B) and the 50-Inch Mach 10
Tunnel (C) are described. Both tunnels have axisymmetric contoured
nozzles. Calibration data concerning Mach number distribution,
boundary-layer thickness, and diffuser performance are also presented.
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1.0 INTRODUCTION

Among the various wind tunnels of the von K~rm~n Gas Dynamics
Facility (VKF) of the Arnold Engineering Development Center (AEDC),
Air Force Systems Command (AFSC), are two 50-in. -diam hypersonic
wind tunnels, the Mach 8 Tunnel (B) and the Mach 10 Tunnel (C). Both
tunnels are continuously operated with air supplied by the VKF 92, 500-hp
main compressor system. For the Mach 8 Tunnel (B), seven compressor
stages supply air at stagnation pressures from 100 to 900 psia with stag
nation temperatures up to 900°F obtained through the use of a propane
fired combustion heater. For the Mach 10 Tunnel (C), eight compressor
stages supply air at stagnation pressures from 200 to 2000 psia with
stagnation temperatures up to 1450°F obtained with a combinatim of the
combustion heater and a 12, OOO-kw electrical resistance heater. These
temperatures are sufficient to prevent liquefaction of the air when it is
expanded to test section conditions.

In order to provide the best quality of aerodynamic data from model
tests, it is desirable for the airflow in the test region to have uniform
velocity with no tunnel-induced disturbances. The extent to which this
goal is achieved depends upon the design and fabrication of the wind tun
nel. The purpose of this report is to describe the methods used to
design the VKF hypersonic tunnels and to present the results of their
calibrations.

Although good results at supersonic speeds have been obtained with
two-dimensional nozzles, there is an upper limit in Mach number for
which such nozzles are practical. As the Mach number increases, the
area ratio increases rapidly so that the resulting throat height decreases
to such a small dimension that normal machining tolerances become
appreciable percentages of that dimension. Also, as the Mach number
increases, the stagnation temperature required to prevent liquefaction
increases and the amount of cooling required to maintain dimensional
stability increases. The maximum heat-transfer rate occurs in the
vicinity of the throat, and any nonuniformity in cooling results in un
even expansions which are also appreciable percentages of the throat
dimension. Such problems are shown in Ref. 1 to be alleviated to some
extent by using axisymmetric nozzles. An additional advantage of an
axisymmetric nozzle is that there is no transverse pressure gradient,
such as that found on the sidewalls of a two-dimensional nozzle. Such
transverse gradients produce transverse variations in boundary-layer
thickness (Ref. 1) which cannot be taken into account in the design of the
nozzle.

Manuscript received February 1963.
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For the above reasons, the VKF 50-in. -diam hypersonic tunnels
have axisymmetric nozzles. These tunnels are the largest of their
type known to be in operation. Chronologically, the Mach 8 Tunnel was
constructed first and has been operational since October 1958. Its gen
eral arrangement is shown in Fig. 1 J and details of its operation are
given in Ref. 2. The Mach 10 Tunnel (C) has been operational since
May 1960, and its general arrangement is shown in Fig. 2. The design
of many of its unique details is given in Ref. 3, and the stress and ther
mal analysis of its throat section are given in Ref. 4.

2.0 NOZZLE DESIGN

The aerodynamic design of an axisymmetric nozzle can be divided
into two parts; namely, the inviscid or potential-flow contour, and the
correction required to account for the longitudinal growth of the bound
ary layer. The inviscid contour can be further divided into three parts;
the downstream contour from the inflection point to the test section, the
supersonic contour from the throat to the inflection point, and the sub
sonic contour upstream of the throat. Each part of the design will be
described separately.

2.1 DOWNSTREAM CONTOUR

2.1.1 Description

The downstream inviscid contours were designed by the method of
Ref. 5. As illustrated in Fig. 3, the assumption is made that the flow
originates from a spherical source at point 0 and flows radially until
the axisymmetric characteristic AB is reached. The nozzle is there
fore conical to the inflection point A with a cone half-angle w. Down
stream of the characteristic CD, where the test model is to be located,
the flow is uniform and parallel to the nozzle axis. In the region ABCD,
the transition is made from radial flow to parallel flow. Flow velocity
and direction in this region must be determined by the method ofaxisym
metric characteristics. What must be determined, then, is the stream
line AD which is the inviscid contour downstream of the inflection point.

The shortest possible nozzle for a given cone angle would be ob
tained if the points Band C coincided. In such a nozzle, however, the
Mach number gradient along the axis would be discontinuous at the
point B and the curvature of the nozzle would be discontinuous at the
inflection point. Theoretically, a discontinuity in curvature could be

2
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machined into the nozzle if the boundary-layer correction could be neg
lected. The boundary-layer growth is smoother, however, if the curva
ture is continuous. Moreover, even if the boundary-layer growth could
be calculated exactly, only the correction at design operating conditions
can be applied to the contour. Therefore, deviations in boundary-layer
growth at off-design operating conditions would cause the dIscontinuity
to occur at the wrong location along the nozzle with the result that there
would be disturbances in the flow in the test region. These conditions
are alleviated if the contour has continuous curvature.

Continuous curvature is obtained in the method of Ref. 4 by using a
region of partial cancellation which is represented along the nozzle axis
by the length xBC' The Mach number at the point B, MB' is arbitrarily
fixed, and the distribution of the velocity parameter W is described as
a function of x by a cubic equation in which the Mach number gradient is
continuous at the point B and is zero at the point C. The second deriva
tive of M with respect to x is also zero at the point C. The constants in
the cubic equation and the length xBC are then found to match these
conditions.

A slightly more complicated procedure of describing the Mach num
ber distribution along xBC is given in Ref. 6. In addition in the preced
ing conditions, the second derivative of M with respect to x is made
continuous at the point B and the length xBC is fixed. These additional
conditions require that a fifth-degree polynominal be used to express M
as a function of x. It is not known if contours obtained by this method
produce any more uniform flow than those obtained by the method of
Ref. 5.

2.1.2 Analysis

In the radial flow region, the radial distance from the source to the
spherical segment where the velocity is sonic is designated as rl. All
dimensions in Ref. 5 are made nondimensional by making rl equal to
unity. The sonic area is the area of the spherical segment

(1)

At any succeeding spherical segment, the Mach number is given by the
relation

1 (y -1

M Y + 1

y+l

M2 + _2_) 2 (y 1)

Y + 1

3

A

A*
(2)
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At the inflection point,

and at the point B,

(3)

y + 1

l 2) 4 (y-1)
MB +--

Y + I
(4)

As shown in Ref. 7, the expansion angle 0/' in radial flow is one
half the Prandtl-Meyer expansion angle 0/ in two-dimensional flow:

[§+l _IJY-I 2 -1 I .2l/J' = 0/ = -- tan -- (M - 1) - tan V M 2 - 1
y-l y+l

Therefore, the Mach numbers at points A and B are also related by

(5)

(6)

Of ('ourse, all intermediate points along the right running or second
family characteristic AB are also defined through the use of the same
general relationships.

In Ref. 5, all velocities are made nondimensional by dividing by the
velocity at the throat to give the velocity ratio W which is related to the
Mach number by

,l ( \' )l
\\ = yo

~"ll
y-l .

, 2
M +~

(7)

At the end of the radial flow region, by differentiating Eqs. (2) and (7),

(
d W) = 2 WB(~ - ~B') (8)
dX B ~r (W'-l)

. y-l B B

The velocity ratio from points B to C on the axis is arbitrarily defined
by the equation

x - XB

XBC
+C (X - XB)'

, XBC

4

+ C3 (
X - XB)3

XBC
(9)
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The constants in Eq. (8) are evaluated by the end conditions at xB'

W = WB

and at xC'

W = We

dW = 0
dx

iw
~=o

to give

( 10)

3(We - WB)

-3 (We - WB)

We - WB

(11)

(12)

(13)

(14)

Thus, all the conditions of velocity, flow direction, and Mach angle
can be determined at as many points as desired along characteristic AB
and line BC for the purpose of calculating a characteristic network in the
transition region. The characteristic solution must be obtained by a
numerical step-by-step procedure using finite differences since no ana
lytic solution is available. The assumptions made in Ref. 7 are not suffi
ciently accurate for this purpose even for a minimum-length nozzle.

The transition region is terminated by the left running or first family
characteristic CD which is straight since MC = MD' The coordinates of
point D can be calculated since

2
11 YD AD

2 11 r 1
2 ( 1 cos w) A*-

or

-.1.1L = 2J~rsin w

r 1 2

(15)

(16)
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and

1) AD . W
- -----;-.-- S In -

A 2
(17)

since the angle between cn and the axis is the Mach angle.

The length of the downstream contour is

x 0 - x A = r 8 - rAeos W + x 8 C + xeD (18)

where the parameters for a nondimensional nozzle for a given Mach num
ber Mcn are the cone angle wand the Mach number MB. The contours
of Ref. 5 all have a constant value of Mcn - MB = 0.2. The nondimen
sional coordinates must, of course, be multiplied by a scale factor equal
to r 1 to match the linear dimensions of the nozzle.

2.2 SUPERSONIC CONTOUR

The throat contour is illustrated in Fig. 4. The selection of the
supersonic contour was arbitrary since no theoretical contour was avail
able to produce the desired radial flow. It was believed that the contour
should monotonically increase to the point of tangency with the cone angle
w' where the curvature should be zero. The cone angle w' is the cone
angle w after the boundary-layer correction is added. The corrected cone
angle was selected because the supersonic contour was arbitrary in the
first place, and secondly, the boundary-layer calculation in this region
would be influenced by real gas effects and would require more approxi
mations than that further downstream where the flow expands to such low
pressure and temperature that it more nearly approximates a perfect gas.

On a one-dimensional basis, it was found that a semi-cubic equation
produced what appeared to be a desirable Mach number distribution. The
resulting equation was

(
Y )2 [ y' (X )2J fI( X)2 1 ( R• 2,) (X )lJ~ = 1 + R* y~ ~ x;;- - -3 1 - 7 tan W x;:-

where the coordinates at the point of tangency (Fig. 4) are

( 19)

R*
2 - tan

y*
(20)

and

6

(21)
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The throat radius y* was calculated from the area ratio and the value
of YD from Eq. (16):

y* = YD

(
.~) ./>

A RG
(22)

where in this case real gas effects must be taken into account even though
they were neglected in Eq. (1) and the subsequent derivation of the down
stream contour.

2.3 SUBSOHIC CONTOUR

The selection of the subsonic contour was even slightly more arbi
trary than that of the supersonic contour. A cubic equation was selected
which had the same radius of curvature at the throat as the supersonic
contour,

y R* 2 (X)2 2 R· 2 (X)3
-. = 1 + 2 ~ tan e - - - -. tan e

Y Y X a 3 Y x:-
where the coordinates at the point a (Fig. 4) are

X R·
-" = 2 ~Y tan ey* ~.

and
Y a 1 4 R* 2
-Y* = + - --:-:T tan e

3 Y

(23)

(24)

(25)

Also at the point a, the slope of the cubic is tan 8 and the second deriva
tive is zero. Thus another arbitrary variable, tan 8, is introduced to
allow the tangent line to pass through any selected point E, such as the
end of the stilling chamber.

2.4 BOUNDARY·LAYER CORRECTION

To each value of y along the contour AD must be added the boundary
layer correction, 6* sec ¢, to obtain the value of Y to define the physical
contour of the nozzle. For the range of operating conditions of the VKF
50-in. hypersonic tunnels, the boundary layer is turbulent for the full
length of the nozzle. Because of the meager amount of experimental data
on boundary-layer growth at hypersonic speeds, many empirical methods
have been developed which attempt to apply low-speed data to flow at
supersonic and hypersonic speeds. For the Mach 8 Tunnel (B), the method
used to calculate the boundary-layer growth was' one in which the reference
temperature was the arithmetic mean between free-stream and wall tem
perature. During the fabrication and early operation of the tunnel, an
improved method was developed which correlated very well with experi
mental measurements made in an earlier conical nozzle and in the

7
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contoured nozzle. In this improved method, described in Ref. 8, a mod
ification of Stewartson's transformation was used to simplify the integra
tion of the von Karman momentum equation. Heat transfer between the
air and the tunnel wall was taken into account approximately by evaluating
the air properties at Eckert's reference temperature and by using the
adiabatic-wall temperature instead of the stagnation temperature in
Crocco's quadratic for the temperature distribution in the boundary layer.
The final equation for the boundary-layer displacement thickness is,
assuming zero thickness at the throat,

8*

y+l

(1 +
y-l ,)2(y-ll H
-2-\1

y \1 2 + H tr

x

Ji
y\12+HtrCf/2

----------O-y~+---.l~se c ¢ d X

o (1 + y;1 M') 2(y - 1)

(26)

(27)

Because of the excellent correlation obtained at Mach 8, Eq. (26) was used
to calculate the growth of the boundary-layer displacement thickness for
the Mach 10 Tunnel (C) and for the Mach 12 nozzle from which the Mach 10
nozzle parameters were derived.

Inasmuch as the aerodynamic design of the nozzle must precede the
detailed calculations of the heat exchanged from the nozzle air to the water
used to cool the nozzle, an approximation must be made of the nozzle wall
temperature for use in the boundary-layer calculations. It was assumed
that the wall temperature along the contour AD was constant at 530 oR, the
cooling water temperature, and from the throat to the inflection point A,

T w = 5300R + (Tw • - 5300 R) (AA/A.: _ 1)
AA!A. - 1 AlA

The assumed values of Tw':C at the throat were 960 0 R for Mach 8, 1000 0 R
for Mach 10, and 1200 0 R for Mach 12. The final values obtained by a
heat balance in Ref. 4 were 1059°R for Mach 10 and 1114°R for Mach 12
for maximum operating conditions. Fortunately, the choice of the wall
temperature does not seriously influence the boundary-layer calculations.

A further approximation was needed to compute the boundary-layer
growth according to Eq. (26). The Mach number variation along the con
tour AD was not given with the contour in Ref. 5. The following approxi
mation was developed:

C ) '(M -
2 3

(~1 0 - c) + d (x - xD)

8

(28)
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where

d

c

(d\!) =

dx A

2(MA - c) (dM/dx)A
Z

3(xn- XA)

Mn
z

- M/ - 2/3 (dM/dx)A (xn - XA) ~A

2M n - 2MA - 2/3 (dM/dx)A (xn - XA)

(y-l) ~A (M/ + y~l)

xA(MAZ-I)

Equation (28) satisfies the conditions that M = MA and dM/ dx = (dM/ dX)A
when x = xA' and M = MD' dM/ dx = 0, and (d2M) / (dx2) = 0 when x = xn.

It is realized that the procedure of correcting the inviscid contour by
adding to it the boundary-layer displacement thickness is at best only an
approximation. The characteristic curves are not reflected from the
streamline surface at the edge of the displacement thickness in the same
manner in which they theoretically reflect from a solid surface in inviscid
flow. The approximation is reasonable, moreover, only when the dis
placement thickness is relatively small as compared with the radius of
the inviscid contour. When the displacement thickness becomes an appre
ciable part of the total radius, it appears that a better approximation may
be the method of Ref. 9 adapted for turbulent flow. This method, how
ever, requires considerable iteration to obtain the desired physical con
tour since it determines the growth of an internal boundary layer.

2.5 APPLICATION

2.5.1 Mach 8 Tunnel (B)

At the time the Mach 8 nozzle was being designed, there was in
operation in the same location a 50-in. -diam conical nozzle with inter
changeable throats for Mach 7 and 8. The conical nozzle was primarily
intended for the shakedown of the compressor plant and combustion heater.
A few aerodynamic tests were attempted, however, in spite of the Mach
number gradient inherent in a conical nozzle and flow irregularities attrib
utable to the method of fabrication. This nozzle dictated most of the design
dimensions of the Mach 8 contoured nozzle; the diameter at the upstream
end of the subsonic contour was 12 in., the throat section was 25 in. long
to a point where the maximum nozzle diameter was 5 in., the center of
model rotation in the test section was 278 in., and the end of the test sec
tion was 50 in. in diameter and 298 in. from the beginning of the subsonic
contour. In addition to these criteria, it was decided that the terminal
characteristic CD should clear the nose of a model (45 in. long from its
nose to the center of rotation) at an angle of attack of 15 deg, and that the

9



AEDC· TDR·62·230

curved part of the contour should end 40 in. upstream of the end of the
test section where it would be approximately tangent to a 40-in. -long
conical section. The design operating conditions were a stagnation
pressure of 600 psia and a stagnation temperature of 13 60 oR.

Using these criteria, a cone half-angle was selected from those
for which contours were available in Ref. 5. By means of an itera
tion process, a scale factor r1 was selected for multiplying the coor
dinates of the downstream contour, a boundary layer was estimated,
the subsonic and supersonic contours were calculated, and the complete
contour was plotted to determine how well it satisfied the criteria. This
process was repeated until the desired conditions were satisfied. Be
cause of the restriction of a 5-in. diameter at a station 25 in. down
stream of upstream end of the subsonic contour and because it was
believed that it would be easier to machine conical contours at this
station, the maximum ratio of throat-radius-of-curvature to throat
radius was 5, although a larger value was believed to be desirable. The
only available value of cone half-angle that would satisfy the criteria
was 12 deg. Values of the final pertinent dimensions are given in Table 1
and the coordinates in Table 2.

2.5.2 Mach 10 Tunnel (C)

The Mach 10 nozzle was designed so that it would be replaced later
with a Mach 12 nozzle. Moreover, it was thought that the same down
stream contour, corrected for the boundary-layer displacement thick
ness, might be usable for both Mach numbers. If this idea proved to
be practical, only the sections upstream of the inflection point would
need to be interchanged. Since these sections are relatively short,
a considerable saving would be effected, not only in initial cost, but
also in the time required each time the sections are changed. In order
to match the downstream section, both upstream sections must have
the same ordinate and slope at the inflection point after the boundary
layer correction is made. If it is found later in the calibration that sepa
rate downstream sections are required, at least nothing will have been
lost by adopting this philosophy.

Inasmuch as the nozzle length increases with Mach number for the
same value of wand Mcn - MB' it was necessary to first determine the
Mach 12 contour and then adjust the value of Mcn - MB to produce a
Mach 10 contour of the same length. It was believed that the down
stream contours would be more nearly alike if the cone half -angle was
small since the nozzle length would be enough to produce a relatively
large boundary layer which would tend to mask differences in the con
tours. It is desirable, on the other hand, to keep the nozzle length short

10
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enough that the boundary layer does not make the test core too small.
From these desiderations, a cone half-angle of 8 deg was selected
for the Mach 12 nozzle.

Other design criteria were: at station 0 upstream of the subsonic
contour the diameter to be 12 in., the ratio of throat-radius-of-curvature
to throat radius to be 35, the inflection point to be at station 54, at sta
tion 316 the diameter to be 48.5 in., at station 370 the diameter to be
50 in., the contour to be conical from station 316 to station 370, the
model center of rotation to be at station 350, and the characteristic CD
to clear the nose of a model (45 in. long from its nose to the center of
rotation) at an angle of attack of 15 deg. The last criterion could have
been relaxed since the maximum model length which can be injected
into the tunnel is 30 in. from its nose to the nominal center of rotation
(Ref. 3). However, this criterion might have been replaced by one
calling for a shorter model at a higher angle of attack. The design
operating conditions were a stagnation pressure of 1500 psia and an
ideal gas stagnation temperature of 2520 o R. The ideal gas value was
used so that standard tables for 'Y = 1.4 could be used to determine the
static temperature for the boundary-layer calculations.

Some of the design criteria were interdependent and were estab
lished in the course of finding a scale factor for the nondimensional
coordinates for the downstream contour. The procedure of determin
ing the scale factor was iterative as for the Mach 8 nozzle, but. with
the background of the previous nozzle, the boundary-layer correction
was obtained by the method of Ref. 8. The final pertinent dimensions
are listed in Table 1.

The design criteria for the Mach 10 nozzle were the same as for the
Mach 12 nozzle except that the ratio of throat-radius-of-curvature to
throat radius was 30 and the design, ideal gas stagnation temperature
was 1985°R. Two additional criteria were added: the ordinate and the
slope at the inflection point after boundary-layer correction must be the
same for both nozzles. These added criteria made the problem more
difficult since a nozzle of unknown wand M CD - MB had to found. Inas
much as it was impractical to compute a complete characteristic network
for each combination of parameters, an empirical equation was found
based upon available contours of Ref. 5. This empirical equation for the
streamline AD is

y VF 2 + G (x - x D)3 + YD - F

11
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where

F

G

g (f - 1.5 g)
f - 3 g

XAD tan w

g YO - YA

This equation satisfies most of the same end conditions as the streamline
AD, i. e., the ordinate and slope at point A are those of the radial-flow
region, the ordinate at point D is obtained from the area ratio, and the
slope and second derivative are zero. The second derivature at point A
and the third derivative a point D differ from those of the streamline AD,
but, as shown in Fig. 5, the empirical curve is sufficiently close to the
streamline for preliminary engineering purposes.

After many trials, it was found that the parameters for the Mach 10
contour should be w = 8.3993 deg and MCD = MB = 1. 3096. The char
acteristic solution for the streamline AD was computed by the Digital
Computation Branch of the Aeronautical Research Laboratory at Wright
Patterson AFB who also computed the contours of Ref. 5. In addition to
the coordinates and stream angles along the contour, the Mach angles
were also furnished so that the Mach number distribution could be deter
mined to facilitate the computation of the boundary-layer correction. A
comparison of this correct Mach number distribution with the empirical
one obtained by Eq. (28) is shown in Fig. 6. After the true ordinates
and Mach number distribution were received, the final physical contour
was calculated. The final pertinent dimensions are given in Table 1 and
the coordinates in Table 3.

Since the operating pressures and temperatures of the Mach 10 Tun
nel (C) are sufficiently high so that real gas effects must be taken into
account in determining the throat area, the real gas area ratio was com
puted by means of Ref. 10 to be 2 percent greater than the ideal gas ratio
for Mach 10 and 9 percent greater for Mach 12.

In the final stress and thermal analysis of the Mach 10 throat section
(Ref. 4), it was found desirable to provide an expansion joint at a station
on the subsonic contour where the Mach number wa~ approximately O. 1.
The same axial station was selected for a similar joint in the Mach 12
throat, and the ratio of throat-radius-of-curvature to throat radius was
increased from 35 to 38. 179. The Mach 12 throat, however, has not as

12



AEDC·TDR·62·230

yet been built. The coordinates of the Mach 12 throat are given in
Table 4 together with the inviscid nozzle coordinates. The inviscid con
tours for both the Mach 10 and Mach 12 nozzles are compared in Fig. 7
with the physical contour for Mach 10.

3.0 FABRICATION

Although the mechanical design of the Mach 10 Tunnel is presented
in detail in Ref. 3, the fabrication of the Mach 8 and 10 nozzles is briefly
des cribed because of its effect on the Mach number distributions in the
test regions.

As shown in Figs. 1 and 2, the throat sections are encased in heavy
shells designed to withstand the maximum stagnation pressures. Down
stream of the throat sections, the nozzles were fabricated in sections to
facilitiate machining the contours. Each section has double walls for the
water cooling system and is flanged to mate with the adjacent sections.
The Mach 8 Tunnel (B) has six sections between the throat and the test
section with one section upstream of the inflection point and the other
five downstream. The Mach 10 Tunnel also has six sections all of which
are downstream of the inflection point since the throat section was made
long enough to include both the subsonic and supersonic contours.

In axisymmetric nozzles, a circumferential disturbance to the flow
is focused on the axis of the nozzle and its effect on flow uniformity is
thereby magnified in comparison with the effect of a similar disturbance
in a two-dimensional nozzle. It was therefore imperative that close toler
ances be maintained in the machining of the nozzle contours and that the
flanged joints be accurately aligned. In most cases the steps in the con
tour at the joints are within 0.002 in., and all the steps are within 0.005 in.
Such tolerances are believed to be acceptable in nozzles of this size. As
indicated in Ref. 3, the tolerances were specified to be smaller at the up
stream end where the nozzle diameter was smaller.

Upstream of each nozzle, the ducting, which forms the stilling
chamber, contains a perforated cone for reducing transverse tempera
ture variations and coarse screens for reducing transverse velocity
variations. The Mach 8 Tunnel (B) also has fine screens for reducing
the turbulence level. Such screens were initially installed in the Mach 10
Tunnel (C) but deteriorated so rapidly at the high stagnation temperature
that they were removed. The stilling chamber for the Mach Tunnel (B)
is 26 in. in diameter to produce a contraction ratio of about 67: 1. For
the Mach 10 Tunnel (C), the 12-in. -diam stilling chamber gives a con
traction ratio of about 47: 1. At the downstream end of each stilling
chamber is an instrumentation ring through which chromel-alumel
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thermocouple probes are inserted at various distances to measure the
distribution of stagnation temperature. The stagnation pressure is also
measured at this location.

4.0 CALI BRA1"1 ON

4.1 STAGNATION TEMPERATURE DISTRIBUTION

4.1.1 Mach 8 Tunnel (B)

A typical distribution of the stagnation temperature measured at
the instrumentation ring is given in Fig. 8. The values at the locations
measured vary from 809 to 843°F. If the outermost measurements are
ignored, the temperature is uniform within about ±7 deg; this variation
approaches the accuracy of the thermocouples which is ±6 deg. There
is no indication of striation; in fact, the lowest temperature measured
was at the top.

4.1.2 Mach 10 Tunnel (C)

A typical distribution of the stagnation temperature measured at
the instrumentation ring is given in Fig. 9. In this case the measured
values vary from 1437 to 1509°F. Again there is no evidence of stria
tion even though the lowest value is at the bottom. If the top and bottom
values are ignored, the temperature is uniform within ±15 deg. At these
temperatures, the accuracy of the thermocouple junctions is about ±11 deg
neglecting unknown aging effects of chromel-alumel thermocouples which
occur in the temperature range of 1000 to 1200°F.

4.2 MACH NUMBER DISTRIBUTION

4.2.1 Mach 8 Tunnel (B)

The Mach number distribution in the test region was determined by
means of surveys with rakes of pitot tubes. The main calibration was
made with a rake of 13 pitot tubes spaced 3 in. apart. The rake was
mounted on a probe support actuated by a hydraulic cylinder to survey
from about 43 in. ahead to 47 in. behind the center of model rotation.
The rake was mounted vertically, horizontally, and at angles at ±45 deg.
Thus a cylindrical section that was 36 in. in diameter and 90 in. long
was surveyed. Because of the time required to install and remove this
probe support, a smaller rake, mounted on the regular model support,
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has been used to check the distribution periodically. The axial travel of
this smaller rake was limited to about 30 in. The pitot pressures were
measured by means of transducers and the Mach number obtained by
assuming isentropic expansion of the flow from the stilling chamber to
the test section.

A typical result of the calibration is shown in Fig. 10. The center
line distribution is uniform within about ±1 percent in Mach number,
whereas off-center the flow is uniform to about ±O. 3 percent. The dis
tributions in the various planes through the axis were essentially identi
cal, indicating that the flow was axisymmetric as expected. At low
pressure levels the distribution is somewhat more uniform than at the
higher pressure levels. Furthermore, because of changes in boundary
layer thickness caused by changes in pressure level, the average Mach
number is a function of pressure level and approximately follows the
empirical relation

M = 8.125 __--,,3-,,-0__

Po + 120
(30)

where the stagnation pressure Po is measured in psia. There is a slight
mean axial gradient on the order of 0.01 Mach number per foot, although
local gradients on the centerline exceed this value considerably.

At irregular intervals since the original calibration, check calibra
tions have been made. In September 1960, one such check showed a
peak in the Mach number distribution about 13 in. ahead of the center
of rotation followed by a dip about 4 in. further downstream. The differ
ence in Mach number at these two points was about O. 3, which was about
twice the deviation found originally. Since the tunnel was fabricated in
flanged sections with the first joint only 5.31 in. downstream of the throat
and the second joint at the inflection point about 21. 90 in. downstream of
the throat, it was suspected that the tunnel sections were out of line.
To check the effect of disturbances created at these joints, O. 063-in. 
thick shims were installed, one at a time, between the flanges. Because
of the slope at these points, the shims formed forward-facing steps with
a height of 0.013 in. These steps produced no significant change in the
calibration over the 30-in. range covered by the surveys, as shown in
Fig. 11. Based on investigations to date relative to the source of the
flow disturbances, it is believed that a larger radius of curvature at the
throat would produce more nearly uniform flow.

The effects of the centerline Mach number variations shown in Fig. 11
on the overall forces on models have been found to be negligible. Further
more, the effects on pressure distributions of sharp-nosed bodies have
also been found to be quite small. On the other hand, such variations have
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an appreciable effect on the heat transfer and pressure distributions of
blunt-nosed bodies. Figure 12 shows the pressure distributions meas
ured on a 5. 8-in. -diam hemisphere-cylinder model located at two posi
tions on the axis of the Mach 8 Tunnel (B). With the nose located at
approximately station 56 (about 9 in. upstream of the center of model
rotation) where the centerline Mach number was a minimum, the stagna
tion point pressure was high corresponding to the low Mach number, and
the pressure gradient near the stagnation point was relatively high.
When the model was moved downstream about 18 in. where the center
line Mach number was more nearly constant, a normal pressure distribu
tion was obtained. The difference in pressure distribution is limited to
the subsonic region on the hemisphere since the distributions are essen
tially identical for azimuth angles greater than about 45 deg. These data
indicate that, until the nozzle flow is improved, care must be taken to
locate models in a suitable position.

4.2.2 Mach 10 Tunnel (C)

The calibration probe support in the Mach 10 Tunnel (C) is perma
nently mounted in the diffuser as shown in Fig. 2. It can be used in the
position shown or it can be extended 50 in. forward as described in
Ref. 3. The travel of the probe in either position is 72 in. As used in
the calibration, the conical nose was replaced by the same 36-in. -span
rake of pitot tubes used at Mach 8. Isentropic flow was again assumed
from the stilling chamber to the test section, but in this case, because
of the higher stagnation pressure and temperature, the measured pres
sure ratio was corrected for real gas effects. The maximum correction
was on the order of 2 percent.

A typical result of the calibration is shown in Fig. 13. The flow
was again found to be truly axisymmetric. The centerline distribution
is uniform within about ±O. 5 percent in Mach number, whereas off
center the flow is uniform to about ±O. 2 percent. The improved flow,
relative to that found at Mach 8, is attributed to the much larger ratio
of throat-radius-of-curvature to throat radius and/ or the lower cone
angle. The average Mach number is again a function of pressure level
and approximately follows the empirical relation

~f = 10.250 _ 150
Po + 500

(31)

where the stagnation pressure Po is measured in psia. Again there is
a slight mean axial gradient on the order of 0.01 Mach number per foot.
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4.3 FLOW ANGULARITY SURVEY

Flow angularity surveys were attempted only in the Mach 8 Tunnel
(B). Even there, the hydraulically operated piston was found to be
insufficiently rigid for accurate measurements since the geometric
angle would change from one end of the probe travel to the other and
the window area was too small to align the probe optically except in a
limited region. Therefore, a single probe was mounted on a sting
which allowed the probe to be offset from the tunnel axis. Rolling the
sting caused the probe to move in a circular path around the tunnel axis.
The length of the sting limited the survey to one axial position near the
plane containing the center of model rotation. This plane was also near
the center of the window so that optical equipment could be used for
accurate alignment. Continuous monitoring of the alignment was neces
sary while the tunnel was operating to correct for thermal distortions
of the equipment caused by high stagnation temperature.

A shadowgram of the flow about the probe is shown in Fig. 14. The
probe was conical with a 10-deg half-angle. Four pitot tubes were
mounted 90 deg apart near the rear of the cone in such a manner that
they were outside of the cone boundary layer but inside of the bow shock
wave. Pitot tubes were used rather than static orifices on the cone sur
face to increase the sensitivity to angle of attack and to reduce the time
required for the pressures to stabilize. The pressure differences be
tween oppositely mounted probes were measured. as well as the pitot
pressure at the nose of the cone. The probe was calibrated by pitching
it in both erect and inverted positions.

The survey indicated that the flow at this station in the tunnel was
diverging at a rate of approximately O. 4 deg per foot of radial distance
from the tunnel axis. According to the simple theory of radial diverg
ing flow,

--.!L = (M~ - 1 ) dM (
y (y-l) M(M~+ /-1)~ 32)

a divergence of this amount corresponds to a Mach number gradient of
0.025 per foot, which is over twice the average measured gradient.
Therefore it is believed that the measured flow angles represent local
conditions and that the average divergence is probably less than 0.2 deg
(0. 16 theoretically) per radial foot.

Because the difficulties of measuring flow angularity in the Mach 10
Tunnel (C) would be even greater because of the higher stagnation tem
perature, it was not attempted. The theoretical divergence at Mach 10
corresponding to a gradient of 0.01 Mach number per foot is 0.135 deg
per radial foot.
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4,4 BOUNDARY.LAYER SURVEY

4.4.1 Mach 8 Tunnel (B)

The boundary layer in the tunnel was surveyed at a station 13.3 in.
upstream of the center of model rotation (245.0 in. downstream of the
throat). A pitot tube and a stagnation temperature probe were used in
the survey. The boundary-layer thickness was found to vary from
about 7 in. at a stagnation pressure of 100 psia to about 5.5 in. at
550 psia. The corresponding displacement thickness varied from 2. 7

to 2.3 in.

4.4.2 Mach 10 Tunnel (C)

The boundary layer in the tunnel was surveyed at a station 3. 8 in.
downstream of the beginning of the test section (299. 2 in. downstream
of the throat). The instrumentation used was similar to that used at
Mach 8. The boundary-layer thickness was found to vary from about
11 in. at a stagnation pressure of 200 psia to about 8.2 in. at 1800 psia.
The corresponding displacement thickness varied from 4. 3 to 3. 1 in.

4.5 DIFFUSER PERFORMANCE

4.5.1 Mach 8 Tunnel (B)

Downstream of the 50-in. -diam, 6-ft-Iong model support section
is a diffuser duct (see Fig. 1) which is also 50 in. in diameter for a
distance of 22. 5 ft, after which a 5-ft-Iong section makes a transition
to a 40 by 43. 25 -in. rectangular section to match an existing duct
which expands to 7 ft in diameter at the entrance to the cooler. The
rectangular section therefore represents the second minimum of the
diffuser and has a cross -sectional area of 88 percent of the test section
area.

Pressure ratios of 180: 1 to 240: 1 are required to start the tunnel,
depending upon the model configuration. These values are about 150 to
200 percent of normal-shock ratio. The size of models which will allow
starting of the tunnel varies greatly with the type of model. Flat plate
models, normal to the airstream, can have a cross-sectional area of
about 50 sq in. Delta wing models with a planform area of about 150 sq
in. will allow starting at 30 deg angle of attack (75 sq in. frontal area),
after which the model can be pitched to 60 deg. Axisymmetric models
with flares up to 16 in. in diameter will allow starting if the nose sec
tion is small enough.
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Attempts were made to improve the diffuser performance with a
central body and/ or converging-diverging fairings inside the diffuser
duct. All such attempts required reducing the size of the models or
limiting the maximum angle of attack, possibly because of the presence
of the rectangular section at the end of the constant diameter duct.
Since the pressure ratio available from the compressor plant was more
than sufficient, the central body and fairings were removed.

4.5.2 Mach lOTunne I (C)

The test section (Fig. 2) is conical for 54 in. (48.5-in. diameter
to 50-in. diameter), after which it is cylindrical (50-in. diameter)
for 72 in. Following the test section, the diffuser duct is 50 in. in
diameter for a length of 26 ft, after which it expands at a 6-deg total
angle to 120 in. in diameter at the entrance to the cooler. The 22-ft
long calibration probe housing is 14 in. in diameter (cross-sectional
area about 6 percent of diffuser area), dropping to 10 in. in diameter
at the downstream end. This probe housing may be considered to be
a centerbody diffuser but is not believed to materially affect the start
ing pressure ratio.

A pressure ratio of about 360: 1 is required to start the tunnel
which, of course, is with the model and its support retracted into the
test section tank. This ratio is only about 110 percent of normal
shock ratio. This low value, relative to the Mach 8 requirements, is
attributed to the lower expansion angle and the absence of the restric
tion present in the Mach 8 diffuser duct. The fact that the model is
retracted in the Mach 10 Tunnel (C) is, of course, a factor in the
starting-pressure requirement. However, in the Mach 8 Tunnel (B)
during initial calibration, the probe support housing was approximately
the same size as that in the Mach 10 Tunnel (C) and the higher pres
sure ratio was required. In fact, the Mach 8 Tunnel (B) would not
start at all unless the calibration probe was moved forward into the
test section.

Although the tunnel is normally started with the doors closed be
tween the test section and the test section tank (Fig. 2), opening the
doors has no apparent effect on the pressure ratio required to start or
run the Mach 10 Tunnel (C). This fact was established before construc
tion of the tunnel by mounting a chamber of corresponding size on the
side of a 12 x 12-in., hypersonic blow-down-type tunnel and observing
its effect on the operation of that tunnel.

The size of models which can be injected into the test section after
the tunnel is started depends upon the type of the mode. A flat-plate,
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70-deg delta wing with a planform area of 100 sq in. can be injected at
an angle of attack of 90 deg (normal to the flow). A delta wing model
with a planform area of about 125 sq in. can be injected at an angle
of attack of -50 deg, whereas the maximum positive angle of attack is
about 20 deg. After inJection a delta wing model with a planform area
of about 150 sq in. can be pitched to an angle of attack of 60 deg. Large
models of other shapes seem to inject better if inverted so that the
aerodynamic load is downward. This phenomenon appears to be associ
ated with the fact that the test section is open to the tank. during injection
and blockage occurs only if an appreciable amount of the airflow is
deflected into the tank..

5.0 CONCLUDING REMARKS

The aerodynamic design has been described for two 50-in. -diam,
axisymmetric contoured nozzles for which calibration data have been
obtained. In the Mach 8 Tunnel (B), the flow on the centerline is uni
form within about ±1 percent in Mach number and off-center within
about ±O. 3 percent. In the Mach 10 Tunnel (C), the centerline distribu
tion is uniform within about ±O. 5 percent in Mach number, whereas off
center the flow is uniform to about ±O. 2 percent. Both tunnels have a
slight mean axial gradient on the order of 0.·01 Mach number per foot.

The better results obtained at Mach 10 are attributed to the lower
expansion angle and larger radius of curvature at the throat than those
incorporated in the Mach 8 design. As part of a general maintenance
and modernization program for the Mach 8 Tunnel (B), plans are being
made to replace the throat section with one having a larger radius of
curvature. The lower expansion angle at Mach 10 is also believed to
be a factor in the lower relative pressure ratio required for starting.

The two VKF 50-in. hypersonic tunnels are the largest of their
type known to be in operation and have proven to be extremely useful
for research and development testing.

REFERENCES

1. Lukasiewicz, J. "Experimental Investigation of Hypervelocity
Flight." Advances in Aeronautical Sciences, 1, Pergamon
Press. 1939, pp. 127-186 (First International Congress of
Aeronautical Sciences, Madrid, Spain, Sept. 1958).

20



AE DC· TO R·62·230

2. Test Facilities Handbook, (Fourth Edition). "von K~rm~n Gas
Dynamics Facility, Vol. 4." Arnold Engineering Develop
ment Center, July 1962.

3. Howard, Charles M. "Mechanical Design of the 50-Inch Mach 10-12
Tunnel (C)." AEDC-TDR-62- 229, April 1963.

4. Sherman, R. and Cook, J. P. "Stress and Thermal Analysis of
the Throat Sections - 50-Inch Mach 10 and 12 Tunnel (C). 11

AEDC-TDR-62- 231, February 1963.

5. Cresci, Robert J. "Tabulation of Coordinates for Hypersonic
Axisymmetric Nozzles Part 1 - Analysis and Coordinates
for Test Section Mach Numbers of 8, 12, and 20." WADC
Technical Note 58-300 Part 1, October 1958.

6. Yu, Ying-Nien. "A Summary of Design Techniques for Axisym
metric Hypersonic Wind Tunnels. II AGARDograph 35,
November 1958.

7. Foelsch, K. "The Analytical Design of an Axially Symmetric
Laval Nozzle for a Parallel and Uniform Jet. II Journal of
the Aeronautical Sciences, Vol. 16, 1949.

8. Sivells, James C. and Payne, Robert G. 'IA Method of Calcu
lating Turbulent-Boundary-Layer Growth at Hypersonic
Mach Numbers." AEDC-TR-59-3, March 1959.

9. Durand, J. A. and Potter, J. Leith. "Calculation of Thicknesses
of Laminar Boundary Layer in Axisymmetric Nozzles with
Low-Density, Hypervelocity Flows." AEDC-TN-61-146,
December 1961.

10. Randall, R. E. IIThermodynamic Properties of Air; Tables and
Graphs Derived from the Beattie-Bridgeman Equation of
State Assuming Variable Specific Heats. II AEDC-TR-57-8,
August 1957.

21





TABLE 1

PERTINENT DIMENSIONS OF AXISYMMETRIC NOZZLES

AEDC.TDR·62·230

~D 8 10 12

"B 7.8 8.6904 11.8

W Cdeg) 12 8.3993 8

W· (deg) 12.517 9.~5 9.065

MA L.~ 5.5271 6.9100

rl (in.) 7.h565 6.1282 3.8797

XAP1 3.8256 6.0685 9.8165

'IAlrl 0.81)1 O.896S 1•.3796

~1 13.01SS 16.6777 34.3132

XfCtrl 2.1979 Lh •.B47 4.0799

XCDtrl 22.8791 33.7)69 S9.5m

YDPI 2.882S 3.)907 4.98Lo

~ (in.) -19.692 -20.571 -18.704

T* (in.) l ..SBh 0.873 0.S60

Xu (in.) 41.S91 S4.000 S4.ooo

YA (in.) 6.183 S.713 5.713

~ (in.) 110.115 119.012 149.040

(in.) 126.504 206.8S8 16L.869

"'ED (in.) 297.102 413.605 39S.2S3
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TABLE 2

COORDINATES OF MACH 8 CONTOUR

X - XI! y y X - XE y y

0 6.000 111.501 16.051 16.940
15.899 2.189 114.032 16.271 17 .192
17.000 1.933 116.593 16.488 17.441
18.000 1.738 119.18L 16.700 17.686
19.000 1.612 121.603 16.907 17.927
19.400 1.589 124.452 17.110 18.164
19.600 1.585 127.129 17 .308 18.397
19.692 1.584 129.835 17 .501 18.626
19.800 1.585 132.569 17.690 18.649
20.000 1.590 135.332 17.874 19.070
21.000 1.680 138.122 18.054 19.286
22.000 1.aL8 140.941 18.229 19.498
23.586 2.186 143.787 18.399 19.706
01.591 6.063 6.183 146.662 18.564 19.910
42.609 6.260 6.409 149.562 18.724 20.110
44.132 6.602 6.745 152.491 18.880 20.)05
45.831 6.955 7.116 155.446 19.031 20.495
47.313 7.259 7.433 158.428 19.177 20.682
48.857 7.568 7.757 161.436 19.)18 20.862
SO. 441 7.8~ 8.083 164.471 19.454 21.039
52.060 8.190 6.410 167.532 19.586 21.212
53.674 6.495 8.731 170.618 19.713 21.362
55.)02 6.796 9.048 173.730 19.835 21.548
56.929 9.089 9.357 176.868 19.952 21.708
58.577 9.360 9.664 160.030 20.065 21.865
60.275 9.671 9.973 183.217 20.173 22.017
62.001 9.963 10.282 186.429 20.276 22.163
63.773 10.255 10.592 189.665 20.375 22.306
65.584 10.546 10.902 192.924 20.469 22.444
67.433 10.636 11.212 196.206 20.559 22.576
69.319 11.124 11.520 199.514 20.644 22.706
71.242 11.411 11.626 202.844 20.724 22.634
73.199 11.696 12.1)L 206.196 20.800 22.956
75.192 11.978 12.438 209.572 20.672 23.074
77.220 12.259 12.741 212.966 20.939 23.166
79.280 12.5)6 13.041 216.364 21.002 23.295
81.375 12.810 13.339 219.823 21.061 23.399
83.S03 13.081 13.6)L 223.262 21.115 23.499
85.653 13.350 13.927 226.761 21.166 23.59S
67.655 13.614 1L.217 2».261 21.213 23.688
90.080 13.875 1L.5OL 233.779 21.255 23.776
92.3)6 14.133 14.788 237.316 21.294 23.859
94.625 14.J87 15.070 2Lo.87J 21.329 23.9.38
96.9LL 1L.637 15.3L8 244.LL5 21.361 24.011
99.294 14.883 15.622 248.0)6 21.389 24.081

101.67L 15.125 15.894 251.643 21.413 24.146
104.085 15.)62 16.161 2S5.266 21.L35 24.205
106.527 15.596 16.424 258.000 21.446 24.246
108.999 15.826 16.6611 296.000 25.000
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TABLE 3

COORDINATES OF MACH 10 CONTOUR

X - XE y y X - Xr: y y

0 6.000 106.426 12.120 12.983
11.793 108.964 12.368 13.262
1u.000 1.601 l1u.l44 12.857 13.812
16.000 1.239 119.472 13.3)6 14.358
18.000 .993 12u.939 13.802 14.894
20.000 .879 130.543 14.255 15.421
20.250 .875 136.285 14.695 15.935
20.571 .873 142.155 15.120 16.438
20.750 .874 148.155 15.531 16.927
21.000 .877 1.$L.288 15.927 17.405
22.000 .911 160.542 16.302 17.869
24.000 1.071 166.926 16.671 18.319
26.000 1.311 173.428 17 .019 18.755
28.000 1.591 180.057 17.351 19.178
30.000 1.893 186.807 17.666 19.587
32.000 2.205 193.675 17.965 19.981
34.000 2S~2 197.151 18.108 20.173
35.926 2.829 200.660 18.247 20.362
5u.000 5.491 5.713 204.193 18.382 20.546
55.005 5.640 5.87u 207.761 18.512 20.728
55.994 5.786 6.032 211.350 18.639 20.904
56.985 5.932 6.190 21u.974 18.761 21.077
57.986 6.080 6.350 218.621 18.879 21.246
59.006 6.230 6.510 222.299 16.994 21.412
60.055 6.385 6.679 226.000 19.103 21.573
61.140 6.544 6.852 229.734 19.209 21.732
62.269 6.709 7.030 233.489 19.311 21.886
63.451 6.880 7.216 237.275 19.409 22.036
64.692 7.~ 7.u10 241.069 19.502 22.183
65.999 7.247 7.613 244.922 19.592 22.327
67.376 7.443 7.827 248.787 19.678 22.468
68.830 7.647 8.049 252.677 19.759 22.603
70 •.362 7.861 8.280 256.587 19.837 22.735
71.976 8.082 8.522 260.526 19.911 22.863
73.671 6.313 8.772 264.485 19.981 22.989
75.u47 8.550 9.031 268.u72 20.047 23.110
77.301 8.794 9.298 272.483 20.110 23.227
79.2)0 9.043 9.571 276.512 20.169 23.340
81.227 9.297 9.849 280.568 20.224 23.451
83.285 9.55u 10.131 284.647 20.276 23.557
85.39u 9.812 10.416 288.743 20.324 23.661
87.556 10.071 10.701 292.864 20.369 23.758
89.766 10.330 10.987 296.970 20.410 2).853
92.022 10.590 11.273 301.129 20.448 23.945
94.321 10.848 11.561 305.286 20.483 24.0)6
96.659 11.105 11.846 309.480 20.516 24.124
99.042 11.362 12.1)2 313.679 20.545 24.207

101.464 11.616 12.418 316.000 24.250
103.926 11.869 12.701 370.000 25.000
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TABLE 4

COORDINATES OF MACH 12 CONTOUR

X - XE Y Y X - XE y y

0 6.000 115.696 12.080
11.793 1.538 120.783 12.480
14.000 1.031 125.990 12.871
16.000 .723 131.313 13.252
18.000 .572 136.756 13.622
18.500 .561 142.312 13.982
18.704 .560 147.985 14.331
19.000 .562 153.770 14.669
20.000 .598 159.671 14.995
22.000 .773 165.681 15.310
24.000 1.023 171.804 15.612
26.000 1.306 178.035 15.903
28.000 1.604 184.370 16.182
30.000 1.909 190.819 16.448
32.000 2.220 197.372 16.703
3L.ooo 2.533 200.685 16.825
36.000 2.848 204.030 16.945
38.000 3.165 207.398 17.061
42.000 3.600 210.793 17.174
46.000 4.437 214.211 17.284
50.000 5.075 217.656 17.391
54.000 5.353 5.713 221.129 17.495
55.325 5.539 224.621 17.596
57.075 5.784 228.144 17.69u
58.662 6.003 231.686 17.789
60.198 6.213 235.259 17 .880
61.797 6.u28 238.848 17.969
63.438 6.6u6 2u2.468 18.054
65.110 6.865 246.111 18.137
66.798 7.083 249.778 18.216
68.505 7.299 253.L64 18.293
70.247 7.517 257.177 18.366
72.0)6 7.737 260.913 18.437
73.871 7.958 264.673 18.504
75.7u9 8.180 268.452 18.568
77.665 8.403 272.254 18.630
79.621 8.626 276.080 18.689
81.619 8.850 279.925 18.745
83.652 9.074 283.793 18.798
85.720 9.296 287.681 18.849
87.827 9.519 291.592 18.896
89.969 9.740 295.522 18.941
92.141 9.960 299.472 18.983
94.353 10.180 .303.411 19.022
96.596 10.398 307.429 19.059
98.873 10.615 311.437 19.094

101.182 10.830 315.461 19.126
105.896 11.254 316.000 24.250
110.714 11.672 370.000 25.000
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Fig.2 The 50-Inch Mach 10 Tunnel (C)
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Fig.7 Inviscid Contours for the Mach 10 and 12 Nozzles Compared to the Physical Contour for Mach 10
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Fig.8 Air Temperatures Measured in the Mach 8 Tunnel (8) Instrumentation Ring
as Viewed Looking Downstream; Stagnation Pressure = 500 psia; Inside
Diameter of Instrumentation Ring = 26 in.; Temperatures in "F
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Fig.9 Air Temperatures Measured in the Mach 10 Tunnel (C) Instrumentation
Ring as Viewed Looking Downstream; Stagnation Pressure = 1600 psia;
Inside Diameter of Instrumentation Ring = 12 in.; Temperatures in of
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Nose at Station 56 (Fig. 11)

Nose at Station 38 (Fig. 11)
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Fig. 12 Pressure Distributions Measured on a Hemispherical Hose of a Model Located at
Two Positions in the Mach 8 Tunnel (8)
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